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WIND TUNNEL BLOCKAGE AND SUPPORT INTERFERENCE EFFECTS ON 
WINGED-BODY MODELS AT MACH NUMBERS FROM 0. 6 TO 1. 0 

by Bernard J. Blaha 
Lewis Research Center 

SUMMARY 

Tests were conducted in the Lewis Research Center’s 8- by 6- Foot Supersonic Wind 
Tunnel to investigate the effects of model blockage and support interference with several 
sizes of winged-body configurations. To determine interference effects, fuselage pres- 
sures were compared for three sting-mounted models, which included maximum model 
cross-sectional area to test-section area ratio of 0. 1, 1. 0, and 2. 0-percent. Also, an 
axiS 3 nmmetric 0. 1-per cent blockage model was tested for reference. Two other types of 
model support were investigated, which included wing- tip and fuselage support-strut 
mountings. The effects of tunnel porosity and tunnel sidewall geometry were also in- 
vestigated. Data were obtained over a Mach number range of 0. 6 to 1. 0 at angles of 
attack from 0° to 4°. 

Axisvmmetric model results indicate that tunnel blockage effects were small up to 
free-stream Mach number Mq = 0. 975. With the winged-body models blockage effects 
were small up to Mq = 0. 95, In both cases the predominant blockage effect seen at the 
higher Mach numbers was a displacement of the local transonic terminal shocks on the 
model. The effects of a wing-tip type of model support were small up to Mq = 0. 95, but 
at higher Mach numbers a disturbance was generated aft on the model. Changes in tun- 
nel local porosity, however, reduced this disturbance up to Mq = 0. 975, A change in 
tunnel sidewall geometry was not effective. The effects of a forward fuselage swept 
support-strut were small. 


INTRODUCTION 

Recent studies have been made to investigate the problems associated with the de- 
velopment of an advanced near sonic transport (refs. 1 to 4 and three unpublished re- 
ports on work performed at the NASA Langley Research Center by R. A. Langhans and 



R. T. Whitcomb, byS. G. Fleehner, and by L. W. McKinney, J. F. Herman, and 
L. A. Bodin). One of the more significant problems for this type of aircraft that is 
presently being investigated at Lewis is the integration of the propulsion system with 
the airframe (ref. 4). One of the major reasons present transport aircraft do not cruise 
at higher speeds is the interference drag resulting from the interaction of the propulsion 
system and airframe flow fields. Therefore, the selection of the proper engine nacelle 
design and its position on the airframe is an important factor in attempting to increase 
cruise speed (refs. 4 to 8). It is also important that the airframe flow field not cause 
adverse conditions for the propulsion system components. 

As a direct result of this work a renewed emphasis has been made to obtain accu- 
rate pressure and drag data in wind tunnels at near sonic speeds (Mq = 0. 9 to 1.0). To 
properly evaluate the interactions between the propulsion system and the airframe at 
these speeds, it is imperative that the flow field in the wind tunnel be correct and that 
the wall and model support interference effects be a minimum. Previous results ob- 
tained from numerous transonic wind tunnel tests have indicated that wall Interference 
and model support interference effects can significantly influence model pressures and 
resulting drag especially at near sonic speeds. References 9 to 13 describe several 
studies that were conducted to determine model blockage and support interference ef- 
fects with axisymmetric models. The results of references 9 and 10 indicate that signi- 
ficant wind tunnel blockage effects occur on the drag of a series of various sized axi- 
symmetric models for Mach numbers above 0.96, even with model blockages as small 
as 0. 03 percent. Similar effects are seen in the results reported in references 11 and 
12, and reference 13 describes the effects of several types of model support on axisym- 
metric model pressures and afterbody drag. 

To further investigate some of these effects on winged- body configurations, a series 
of tests were conducted in the Lewis Research Center’s 8- by 6- Foot Supersonic Wind 
Tunnel with several values of model blockage. Fuselage pressures were measured and 
are presented herein for three sting-mounted winged-body models. These models had 
values of ratio of maximum model cross- sectional area to test-section area (or block- 
age) of 0. 1, 1. 0, and 2. 0 percent. Data were obtained over a Mach number range from 
0. 6 to 1. 0 at angles of attack from 0° to 4°. Other model support methods for the 1.0- 
percent model were investigated, which included simulated wing-tip mounting and a low- 
er fuselage forward swept support strut. The effects of variations in local tunnel wall 
porosity and local tunnel sidewall geometry were also investigated. A 0. 1-percent block- 
age axisymmetric model was also tested for reference, and the results are compared 
with previous test results in another facility. 
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cross-sectional area of model 
maximum cross-sectional area of model 
wing span 

pressxxre coefficient (p - 1Pq)/(Iq 

pressure coefficient corresponding to M = 1. 0 local flow 

wing chord 
model length 

free-stream Mach number 
local static pressure 
free-stream static pressure 
free-stream d 3 mamic pressure 
radial distance coordinate 
radius length 

axial distance coordinate along model 
model angle of attack, deg 
angular position coordinate, deg 


APPARATUS AND PROCEDURE 

Figure 1 is a schematic drawing of the installation of the models in the transonic 
test section of the Lewis 8- by 6- Foot Supersonic Wind Tunnel. The models were all 
sting-mounted from the tunnel floor strut. Because of its large size, the nominally 
2-percent blockage model had its wings cut off at the intersection with the tunnel side- 
walls (thereby slightly reducing its blockage). The location of the base of all the models 
was maintained at a single tunnel station. This station was selected based on the re- 
sults of references 11 and 12 to be far enough upstream of a flow acceleration region 
that exists in the aft portion of the transonic test section. This is of particular concern 
for aft fuselage engine nacelle installations. This base location was 1. 201 meters from 
the end of the perforated test section. Tests were conducted over a range of Mach num- 
bers from 0. 6 to 1.0 at aisles of attack from 0° to 4°. Reynolds numbers varied from 
12. 25x10® per meter at Mach 0. 6 to 15. 0x10® per meter at Mach 1. 0. The 0. 1-percent 
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and 1. 0-percent blockage models were tested in the modified 2, 44-meter (8-ft) test 
section with 3. 1-percent porosity. Because of its length, the 2-percent model, how- 
ever, had to be tested in the 4. 27-meter (14- ft) test section with 5. 8-percent porosity. 
During the testing some local variations in the tunnel porosity in the wing-tip region 
were investigated. 

A schematic drawing of the axisymmetric model is shown in figure 2. Instrumen- 
tation locations (fig. 2(a)) and a photograph of the model in the tunnel (fig. 2(b)) are also 
shown. This model was a parabolic design with an overall model lei^th- to- diameter 
ratio (fineness ratio) of 10. Coordinates (fig. 2(a)) were scaled from those of the model 
described in reference 14. The model was scaled such that it resulted in a tunnel block- 
age at a 0° ar^le of attack of 0. 1 percent. This resulted in a model that was 64. 3 cen- 
timeters lor^ with a maximum diameter of 7. 587 centimeters. The same ratio of sting 
diameter to maximum model diameter as was used in reference 14 was used in this test 
so that the data could readily be compared between the two separate tests. Because of 
the sting support, the actual geometric model fineness ratio was only 8. 48 (to the junc- 
ture with the sting). The model was instrumented as shown in figure 2(a) with a row of 
pressure orifices along the top. Three other rows of scattered orifices were installed 
for alinement reference. The purpose of this reference model was to provide a set of 
low blockage data that could be compared with data from another facility and with theo- 
retical calculations. 

The three winged- body models tested were designed so that the sum of the cross- 
sectional area distributions of the individual components (fuselage, wing, and wing 
gloves) matched that of an axisymmetric body, which has demonstrated low drag char- 
acteristics at speeds near Mq = 1. 0. This body has a ratio of model length to 
maximum diameter of about 9. 5. The resulting area distribution of the winged-body 
models is shown in figure 3. In the region of the wings the total area distribution was 
compensated for the supersonic stream-tube expansion associated with the supercritical 
flow over the wings. This is the reason for the depressed region just aft of the maxi- 
mum area. The details of the winged-body models are shown in figure 4. Three sizes 
of model were tested, which included maximum tunnel blockages at a 0° angle of attack 
of 0. 1, 1. 0, and 2. 0 percent. The dimensions of the three models and instrumentation 
locations are shown in figure 4(a). Photographs of the three sizes of model mounted in 
the tunnel are shown in figures 4(b) to (e). The models were sting mounted and were 
made up of three separate components: the fuselage, the wii^, and the wing gloves. 

The variation in blockage size from 0. 1 to 2. 0 percent resulted in model lengths of 66. 5, 
210. 1, and 297. 9 centimeters. Each of tte larger stings were sealed from the 0. 1- 
percent blockage model. 

The fuselage was an axisymmetric design that was contoured to provide area ruling 
in the region of the wing. The wing was a symmetrical airfoil with leading and trailing 
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edge sweep back angles of 44. 5° and 35°, respectively. These angles would be typical 
for a transport designed to cruise at near sonic speeds. The wing semispan lengths 
were 42 percent of the fuselage length except for the 2. 0- percent model, whose wing had 
to be truncated at 70- per cent semispan because of the limiting width of the tuimel test 
section. The S 3 rmmetrical airfoil section was made up of simple geometric shapes (cir- 
cular arc leadii^ edges, trapezoidal intermediate sections, and triangular shaped trail- 
ing ec^e) so that it could be fabricated easily and inexpensively. The wing chord dimin- 
ished from 16. 72-percent of the fuselage length at the root to 6. 83-percent of the fuse- 
lage length at the tip. 

As can be seen in figure 3 a large area deficiency would exist in the model area dis- 
tribution if only the fuselage and wing were present. Therefore, to smooth out this de- 
ficiency, simulated wing gloves were added to the models. These also were made up of 
simple geometric shapes. The leading and outboard edges were semicircular and the 
leading edge had a sweep back angle of 54°. The glove cross section was rectangular 
in the streamwise direction and trapezoidal in the spanwise direction such that it blended 
with the wing leading edge and diminished in thickness with increasing semispan. The 
width of the gloves was 37 percent of the wing semispan. To determine the effects of 
the presence of the gloves on the fuselage pressures, the 0. 1-percent blockage model 
was tested both without and with the wing gloves as seen in figures 4(b) and (c), respec- 
tively. 

The models were instrumented with three rows of static- pressure orifices located 
on the fuselage top, side, and bottom. Extra statics were distributed along the aft side 
of the model in the region where an aft-fuselage engine nacelle might be located on a 
full-scale transport. 

Also shown in figure 4(a) are constant section wing panels that were tested on the 
1. 0-percent blockage model. These panels were sheet metal covers that converted the 
wing into a constant cross section wing from either the 37- or 70-percent semispan 
location to the wing tip. These wing panels were tested to evaluate the interference 
associated with thickened wings. If a model like this was supported by wing-tip mounts, 
the outboard part of the wings would have to be thickened to maintain structural integrity. 
Therefore, it was desired to determine what effect such a modified wing would have on 
the aft fuselage pressures. 

A schematic drawing showing the relative sizes of the three wii^ed-body models 
tested is shown in figure 5. As mentioned previously all the models were located with 
the model base at the same tunnel axial station. The 1. 0-percent blockage model was 
tested both clean and with the simulated constant section wing. The 2. 0-perCent model 
as shown in both figures 4 and 5 had shortened wings because of the limiting width of the 
tunnel test section. 

Photographs of the 1. 0-percent blockage model with the simulated constant section 
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wing panels are shown in figure 6. Figure 6(a) shows the panels at the 0. 7 semispan 
station, and figure 6(b) shows them at the 0. 37 semispan station. As will be shown in 
the RESULTS AND DISCUSSION, the constant section wing did produce an adverse effect 
on the fuselage pressures at speeds near Mach 1. 0. Therefore, an attempt was made 
to compensate for these effects by altering the porosity of the tunnel sidewall in the 
vicinity of the wing. This can be seen in figure 6(b). Another method was also tested in 
which the tunnel sidewalls were determined is shown in figure 7. 

A 53. 4-centimeter high section of the timnel sidewall was removable and was re- 
placed with a contoured plate. The contour was designed so that it nearly compensated 
for the added blockage area distribution generated by the constant section wii^ panels. 
Details of the contoured wall section are shown in figures 7(a) and (b), and photographs 
are shown in figures 7 (c) and (d). 

The effects of a forward fuselage swept strut model support were also investigated 
with the 1. 0- per cent blockage model. Details of a simulated strut that was tested are 
shown in figure 8. A thin (t/c = 0. 0965 stream-wise direction) simulated strut was in- 
stalled from the underside of the forward fuselage. To minimize the axial buildup of 
blockage, the simulated strut had a 45° sweep angle. The cross section again was made 
up of simple geometric shapes (semicircular leading edge, rectangular center- section, 
and 15° triangular trailing edge). Details of the installation are shown in figure 8(a) and 
a photograph of the installation in the test section is shown in figure 8(b). 

Boundary- layer trips were installed on the fuselage and the upper and lower sur- 
faces of the wings and gloves. A 0, 76- centimeter strip of No. 80 grit was used in all 
cases. Transition was fixed at 0. 05 L on the fuselage and at about 0. 1 c on the wing 
and glove surfaces. 


RESULTS AND DISCUSSION 

Pressure distributions on the 0. 1-percent axisymmetric bloclsage model are pre- 
sented in figure 9. Data are presented over a Mach number range from 0. 6 to 1. 0 at a 
0° angle of attack. These data indicate no significant disturbances up to Mach 0. 975. 

At Mach 1. 0 a disturbance is apparent on the aft portion of the model beginning at axial 
station X/L = 0. 75. The abruptness of the pressure rise indicates the presence of a 
shock. The presence of the shock at this location is probably the combined result of 
two effects: the presence of the sting and a blockage effect resulting in a retardation of 
this transonic terminal shock. As indicated in references 9 and 10, a 0. 1-percent 
blockage is large enough to result in significant blockage effects at Mach 1. 0. The most 
significant result is seen as a retardation of the passage of the transonic terminal shock 
over the model (refs. 11 and 12). 


6 



A comparison of axisymmetric 0. 1-percent blockage model pressxire distributions 
with theoretical predictions and data from a geometrically similar 0. 2 -percent blockage 
model tested in another facility (ref. 14) is presented in figure 10. Comparisons are 
made over a Mach number range from 0. 8 to 1. 0 at a 0° angle of attack. The theoreti- 
cal predictions were calculated using the local linearization theory method presented in 
reference 15. The 0. 1-percent model coordinates were scaled from the model describ- 
ed in reference 14 with a fineness ratio of 10. Therefore, the data obtained in the Ames 
Research Center's 14- Foot Transonic Tunnel could be directly compared with the pres- 
ent results. The agreement between the two sets of model data was excellent except at 
Mach 1, 0, where slight differences were observed in the disturbance on the aft region of 
the model. These slight differences could be the result of the differences in model block- 
age or possibly of small differences in model contour. Both sets of data ^ree well with 
the theoretical predictions except where there were regions of supercritical flow. These 
results indicate that the blockage effects in the tunnel are generally small up to Mq = 

0. 975 for an axisymmetric model of this size and also that there are no other inherent 
tunnel generated or reflected disturbances. 

Pressure distributions on the 0. 1-percent blockage winged-body model are present- 
ed in figure 11. Data are presented for a Mach number range of 0. 6 to 1. 0 at a 0° angle 
of attack. Since this was the smallest blockage winged model the data from this model 
was considered to be the reference. As can be seen in figure 11 the area- ruled geom- 
etry of the fuselage results in two expansions and recompressions. Between Mach 0. 95 
and 1. 0 these re compressions become very abrupt and since, as indicated by the 
Cp gQjjic designations, the flow just upstream is supercritical, these recompressions 
are probably terminal shocks. Also, as is indicated by the results of references 9 and 
10, they are probably displaced at a given Mach number from where they would be if 
there were no blockage. 

A comparison of the pressure distributions on the 0. 1-, 1. 0-, and 2. 0-percent 
blockage models is shown in figure 12. Data are presented over a range of Mach num- 
bers from 0. 6 to 1. 0 at a 0° angle of attack. Fairly good agreement can be seen up to 
Mach 0. 95, except for some small disagreements near the nose of the models and at a 
few stations along the body. These small disagreements, as will be demonstrated later, 
are probably the result of small differences in the model contour between the various 
sized models. At Mach 0. 95 and above significant differences in the data become appar- 
ent especially near model axial stations X/L = 0. 4 and 0. 8. These are the same loca- 
tions the transonic terminal shocks were noted on the small model at these same speeds. 
As can be seen in figure 12, the first shock is displaced upstream with increasing 
blockage. The opposite trend seems to occur for the aft terminal shock when it is dis- 
placed aft with increasing blockage. In general, the most significant displacement in 
both cases seems to occur when the blockage is increased from 0. 1 to 1 . 0 percent. A 
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further increase in blockage to 2. 0 percent generally results in only a small additional 
displacement of these shocks. These results agree with the results of references 9 
to 12 in that the most significant tunnel blockage effect seen at these speeds is a dis- 
placement of the transonic terminal shock with increasing tunnel blockage. It is evident, 
then, that reasonable data free of tunnel blockage effects can be obtained up to 
Mach 0. 95 for this type model. Also based on the results shown in references 9 and 10, 
even though there is a displacement of the terminal shocks at Mach numbers between 
0. 95 and 0. 98 for the larger models, the overall effects on model drag are still small. 
Larger, more significant effects on drag occur above Mach 0.98. Therefore, it is 
reasonable to assume that useful data can be obtained with this type model up to 
Mach 0. 98. 

As mentioned previously, some small differences were seen in the data between the 
different size models of the lower Mach numbers. One notable difference appeared near 
model station X/L = 0. 82 at the lower speeds. To further investigate the source of 
these differences an analytical study was made using the potential flow theory (ref. 16). 
Both the 0. 1- and 1. 0-percent models were accurately measured at very close intervals 
and the coordinates input into the program. The resulting calculations of the pressure 
distribution at Mach 0. 9 are shown in figure 13 and compared with the experimental 
pressures. The results indicate that the experimental differences seen were the result 
of a very small difference on the model contours between the two configurations. 

The effects of model angle of attack on the pressure distribution of the 0. 1-percent 
model at Mach 0. 975 are shown in figure 14. Data are presented at angles of attack 
from 0° to 4°. In general, the effects of increasing angle of attack were to increase the 
pressure on the underside of the model on the front 70 percent of the model length and 
to decrease those on top. The pressures over the aft 30 percent of the model were es- 
sentially unchanged. Similar results were observed at all Mach numbers. 

The effects of removii^ the model gloves on fuselage pressures with the 0. 1- 
percent model are shown in figure 15 at Mach 0. 975 and 0° angle of attack for the pres- 
sures along the top of the model. The effects of removing the gloves resulted in a sig- 
nificant change in the pressure distribution in the region of the glove back to about model 
station X/L = 0. 7. Little or no effect was observed upstream or downstream of this 
region. Again similar results were seen at the other Mach numbers. 

In figure 16 the effects of the constant chord outboard wing panels on aft fuselage 
pressures are shown with the 1. 0-percent blockage model. Data are presented for the 
row of pressures along the aft side of the model {(p = 90°). Model angle -of- attack was 
zero. Data are presented and compared between the clean wing and the two sizes of 
constant section wing fairings (fairing at 70-percent semispan and 37-percent semispan, 
respectively). As can be seen in the data, the effects of the constant section wing panels 
were negligible up to Mq = 0. 95 where a disturbance was generated on the fuselage 
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between model stations X/L = 0. 65 and 0. 9. The larger fairing had the larger effect. 
Increasing Mach number resulted in a larger disturbance.? Therefore, it was evident 
that if a model was used that was supported from its wing tips in this manner a disturb- 
ance would be generated at Mach numbers above Mq = 0. 95. 

Several attempts were made to minimize the adverse effects of the constant section 
wings. These included variations in local tunnel porosity and variations in tunnel side- 
wall geometry. When tunnel porosity was varied, the only change that generated posi- 
tive results was the sidewall porosity conditions near the wing tip. The effects of vary- 
ing tunnel sidewall porosity near the wing tips are shown in figure 17. Changes in tunnel 
porosity were done only mth the large wing fairings present. When the tunnel sidewall 
porosity was chained from 3. 1 percent (half) open to 6. 1 percent (full) open (note the 
porosity difference seen in the photographs shown in figs. 4(d) and 6(b)), the adverse 
effects on the pressures were reduced up to Mach 0. 975. At the higher Mach numbers 
the change in porosity was not sufficient to eliminate the disturbance. Also further in- 
creases in porosity upstream and downstream of this region had no effect. 

The effects of the contoured sidewall with the large wing fairii^s are shown in fig- 
ure 18. As stated previously, the contoured sidewall was an attempt to minimize the 
adverse effects of the wing fairing by opening up the tunnel flow area to account for the 
added blockage. As seen in figure 18 the results were to generate a new disturbance on 
the aft fuselage pressures which became apparent for Mach numbers above Mq = 0. 95. 
The results of this attempt do not mean, however, that this approach could not be used 
successfully but instead, that more work is required. 

The effects of a simulated forward swept support strut on aft fuselage pressures are 
shown in figure 19. Data are presented at Mach 0. 975 and a 0° angle of attack for the 
pressures on the bottom side of the model. This test was conducted with the large wing 
fairings in place but with the 6. l-percent porosity at the wing tips. As can be seen in 
figure 19 the effect of the strut on aft fuselage pressures was negligible. However, 
small effects were seen on the fuselage pressures near the strut fuselage intersection. 
Similar results were seen at all other Mach numbers. No attempt was made to deter- 
mine the effect of the strut on the downstream boundary layer or total pressures near 
the model. 


SUMMARY OF RESULTS 

To investigate the effects of model blockage and support interference with winged- 
body configurations, a series of tests were conducted in the Lewis Research Center's 
8- by 6- Foot Supersonic Wind Tunnel with several sizes of calibration models. Fuse- 
lage pressures were measured for three sting- mounted models, which included ratios of 
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maximum model cross-seetlonal area to test-section area (blockage) of 0. 1, 1.0, and 
2. 0 percent. Two other types of model support were investigated with the 1. 0-percent 
blockage model. These included simulated wing-tip and fuselage support-strut type 
mountings. The effects of altering local tunnel porosity and tunnel sidewall geometry 
were also investigated. A 0. 1- percent blockage axis 3 nnmetric model was also tested 
for reference. Data were obtained over a Mach number range of 0. 6 to 1. 0 at angles of 
attack from 0° to 4°. 

The following observations were made; 

1. Axisymmetric 0, 1-percent blockage model data indicate no significant disturb- 
ances up to Mach 0. 975. Above Mach 0. 975 a disturbance probably resulting from both 
the presence of the model sting and a displacement of the transonic terminal shock is 
present on the aft region of the model. Good agreement with data from a 0. 2-percent 
blockage model tested in another facility was also observed. And good agreement with 
predictions from local linearization theory was obtained except where there were re- 
gions of supercritical flow. 

2. Tunnel blockage effects on the fuselage pressures of the winged- body configura- 
tions were generally small for Mach numbers less than 0. 95. At Mach 0. 95 and above 
displacements of two separate transonic terminal shocks were observed for the higher 
blockage models. Two terminal shocks resulted because of the area- ruled geometry of 
the fuselage. The first shock was displaced upstream with increasing blockage, and the 
second was displaced further aft. The most significant displacement was generally seen 
between the 0. 1- and 1. 0-percent blockage models. An increase in blockage from 1. 0 
to 2. 0 percent resulted, therefore, in only a small additional displacement of these 
shocks. 

3. Some of the observed differences in the data comparisons between the various 
size models was attributable to small local differences in the model surface contours. 

4. The effect of increasii^ angle of attack was to alter the pressures forward on the 
model but had little effect on the pressures aft on the model. The pressures on the 
lower surface of the forward fuselage generally increased with increasing angle of attack 
while those on the upper surface decreased. 

5. Alterations in the model cross-sectional area distribution by removing the wing 
gloves resulted in relatively local changes of the fuselage pressiares. 

6. The effect of a simulated wing-tip model support (by using a constant section 
panel from a given semispan position to the tunnel wall) was to generate a disturbance 
on the aft region of the fuselage at Mach numbers from 0. 95 to 1. 0. Increasing Mach 
number resulted in an increased magnitude of the disturbance. Local changes in tunnel 
porosity, however, reduced this disturbance up to Mq = 0.975. 
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7. The effects of a lower fuselage forward swept strut were generally small near 
the strut-model intersection and negligible over the rest of the model. 

Lewis Research Center, 

National Aeronautics and Space Administration, 

Cleveland, Ohio, September 5, 1973, 

501-24. 
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End of perforated test section 



Figure L - Schematic of model installation in transonic test section of 8- by 6-foot Supersonic Wind Tunnel. IDImensions are in m. ) 
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Ratio of cross-sectional area to maximum 
cross-sectional area, 



0 .1 .2 .3 .4 .5 .6 .7 .8 .9 1.0 

Nondimensional position coordinate, X/L 

Figure s. - Cross-sectional area distribution of winged-body models. 
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Location 



Figure 4. - Details of winged-body configurations. 


















(b) 0. 1-Percent blockage model in wind tunnel without gloves. (c) 0.1-Percent blockage model in wind tunnel with gloves. 







(a) Axisym metric, 0. l-percent blockage. 



(d) Winged; U-percent blockage. 


Figure 5. ~ Comparison of blockage model relative sizes. 




(a) Wing section constant at 0. 7 semispan. (b) Wing section constant at 0. 37 semi span. 

Figure 6. - 1.0-Percent blockage mode! with simulated constant section wing panels. 
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Figure 7. - Details of tunnel sidewall modification used with 1.0-percent blockage models. (Dimensions arein cm. ) 











Nondimensional position coordinate, X/L 





































Pressure coefficient, C 



Nondimensional position coordinate, X/L 

(h) Free~stream Mach number. Mq, 0.975. (f) Free-stream Mach number, Mg, 1.0. 

Figure 11. - Concluded. 
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Model blockage 






Model blockage 



Nondimensionai position coordinate, X/L 






O 0.1“Percent blockage mode! 

□ L 0“Percent blockage model 

Potential flow theory with 

1.0-percent model coordi- 
nates (ref. 16) 

Potential flow theory with 

0. 1-percent model coordi- / 

nates (ref, 16) f 



. 2> i i ^ L 1 ^ i J 

‘ .4 .6 .8 1.0 

Nondimen sional position coordinate, X/L 


Figure 13. - Effect of mode! surface variances on 
pressure distribution. Free-stream Mach 
number, Mq, 0.9; angle of attack, a, 0°; model 
angular coordinate, (p, 90°. 
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Pressure coefficient, 


O- 

o 
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Figure 15. ”• Effect of removal of simulated wing glove on pressure distri- 
bution of 0. 1-percent blockage model . Free-stream Mach n umber, Mq, 
0.975; angle of attack, a, 0®; angular position coordinate, <p, 0®. 
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Nondimensional position coordinate, X/L 

(e) Free-stream Mach number, Mq, 0.975. (f) Free-$tream Mach number, Mq, 1.0. 

Figure 16. - Effect of constant chord outboard wing panei on fuselage pressures with the 1-percent blockage model. 
Angular position coordinate, (p, 90P; angle of attack, a, oP. 
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Pressure coefficient, Gp 



Wing Tunnel sidewall 



(a) Free-stream Mach number, Mq, 0.95. (b) Free-stream Mach number, Mq, 0.975. 



Nondimensional position coordinate, X/L 

(c) Free-stream Mach number, Mq, 0.985. (d) Free-stream Mach number, Mq, 1.0. 

Figure 17. - Effect of Increased tunnel sidewall porosity at wing tip for 1-percent blockage model. Angular position 
coordinate, (p, 90^ angle of attack, a, (P. 
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CJ> 


.2 -.2 


Wing Tunnel sidewall 
configuration config- Porosity, 

u ration percent 

O Clean Flat 3.1 

□ 37”Percent Contoured 6.1 

fairing 

Do r 




P, sonic 


(a) Free-stream Mach number, Mq, 0.975. 



(b) Free-stream Mach number, Mq, 1.0. 

Figure 18. - Effect of contoured tunnel sideplates on 
fuselage pressures of 1-percent blockage model. 
Angular coordinate, 90°; angle of attack, a. 0°. 
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Figure 19. - Effect of forward support strut on aft 
fuselage pressure distribution of 1. 0-percent 
blockage model. Free-stream Mach number, 
Mq, 0.975; angular coordinate position, (p, 
180°; angle of attack, a, 0^. 
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